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1 . INTPODUCTIDN 

Tlie  model  in  a supersonic  wind  tunnel  produces  compression  and  expan- 
sion waves  which  are  reflected  at  the  test  section  wall.  The  type  and 
the  strength  of  the  reflection  depends  on  the  wave  attenuation  properties 
of  the  welII.  Below  a certain  Mach  number,  depending  primarily  on  the 
model  length  in  relation  to  its  distance  from  the  neeirest  test  section 
wall,  the  reflected  waves  will  hit  the  model  and  distort  the  pressure 
distribution  over  it. 

There  is  today  no  method  aveiilable  to  make  reliable  corrections  for  this 
kind  of  wall  interference.  Consequently  the  rneoji  research  efforts  dioring 
the  last  decades  have  been  directed  to  minimizing  the  waJ.1  interference 
to  such  an  extent  that  unccrrected  data  obtained  in  tunnels  with  wave- 
attenuating walls  can  be  accepted. 


Criteria  for  the  desired  cross-flow  characteristics  of  a wave-attenuating 
ventilated  wall  have  been  obtziined  by  theoretical  calculations  of  the 
undisturbed  flow  field  at  a distance  from  the  model  corresponding  to  the 
position  of  a hypothetical  wall  [l]  eind  [2].  Accurate  calculation  of 
the  flow  field  at  low  supersonic  free  stream  Mach  numbers  has  only  been 
possible  for  two-dimensionaLl  wings  and  for  zero-lift  axisymmetric  bodies. 


Calculations  performed  have  shown  that  the  required  relationship  between 
pressure  drop  and  cross-flow  for  the  weLLl  vEuries  within  the  flow  field 
for  the  same  model  and  also  with  model  configuration  and  Mach  number. 

It  seems  consequently  not  possible  to  find  a fixed  geometry  wall  that  is 
interference-free.  Some  wall  configurations  have,  however,  been  developed 
which  offer  an  acceptable  compromise  between  the  known  design  require- 
ments. 

The  most  successful  configuration,  currently  in  use  in  a number  of 
operating  wind  tunnels,  is  the  differentisLl  resistance  perforated  wall, 
developed  at  AEDC,  The  diffejrentiEil  resistance  to  inflow  and  outflow 
is  tailored  to  calciHated  and  experimentEtlly  verified  requirements  for 
cone-cylinder  models  and  slender  continuously  curved  Eixisymmetric  models 
at  zero  angle  of  attack  [l].  The  latest  vi'rsion  of  this  wall  has 
variable  porosity  ['j]« 
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A cone— cylinder  model  is  usuetlly  used  to  evaluate  the  wave— attenuating 
properties  of  the  wall.  These  can  be  estimated  by  comparing  the  meas- 
ured pressure  distribution  on  the  model  with  the  theoretical  one  or 
with  a pressure  distribution  obtained  experimentally  with  a model  that 
is  so  small  in  relation  to  the  tunnel  that  the  results  can  be  considered 
as  interference— free. 

It  could  be  stated,  that  the  design  criteria  for  the  wall  cross-flow 
characteristics  and  the  methods  to  evaluate  the  wave-attenuating  prop- 
erties of  the  w8l11s  have  resulted  in  test  section  wall  configurations 
idiich  are  tailored  to  test  ax i- symmetric  bodies  at  zero  angle  of  attack. 
The  tunnels  are  often,  however,  mainly  used  for  development  testing  of 
airplauies  and  missiles.  Some  calibration  tests  with  models  of  different 
sizes  in  relation  to  the  test  section  have  shown  that  aLlthou^  the  wall 
interference  is  far  from  negligible,  the  results  can  in  most  cases  be 
considered  as  acceptable  for  routine  testing  [^]. 


Little  is  however  known  about  the  requirements  on  the  wall  cross-flow 
chauracteristics  for  a lifting  aircraft  configuration.  It  is  the  object- 
ive of  this  investigation  to  study  experimentally  and  theoretically  the 
flow  field  around  a lifting  wing-body  configuration  at  locations  where 
wind  tvinnel  walls  are  normally  situated.  The  results  might  be  used  to 
establish  relevant  wall  boundary  conditions  for  this  type  of  model. 

If  the  cross-flow  criteria  resulting  from  this  investigation  agree  reason- 
ably well  with  the  criteria  used  for  the  development  of  existing  walls, 
the  assumption  that  these  walls  are  the  most  suitable  also  for  routine 
testing  will  be  confirmed.  On  the  other  hand,  if  the  results  disagree 
new  ideas  could  be  generated  concerning  nec^essary  modifications  of 
existing  walls  or  possible  new  wall  configurations. 


After  discussions  with  AFOSR  Contracting  Officer  the  reseairch  program 
has  been  split  into  two  phases.  During  Phase  1,  vdiich  this  report  covers, 
the  preparations  for  the  wind  tunnel  tests  have  been  made.  For  the 
theoretical  investigation  the  treuisonic  computer  prograun  has  been  re- 
vised and  the  flow  fields  for  some  of  the  cases  that  will  be  tested  have 
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been  computed.  During  Phase  2 the  wind  tunnel  tests  will  be  performed 
and  further  theoretical  computations  will  be  made  if  the  correlation 
between  theory  and  experiment  is  reasonably  good. 

Mr.  Hans  Sorensen  is  responsible  for  the  wind  tunnel  tests  and  Mr.  Sven 
G,  Hedman  for  the  theoretical  investigation.  Mrs.  Nada  Agrell  has 
assisted  in  carrying  out  part  of  the  calculations. 
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2.  EXPERIMENTAL  INVESTIGATION 

2 . 1 Test  method  and  set-up 


An  experimental  investigation  has  earlier  been  carried  out  in  the  FFA  I 

5 

TVM-500  wind  tunnel  to  determine  the  flow  field  in  the  vicinity  of  a j 

wing-body  configuration  at  M = 2.7  [5].  The  experimentally  determined  j 

I 

near  field  formed  the  basis  for  a theoretical  calculation  of  the  far  j 

field.  Hence  the  strength  and  position  of  the  shock  waves  coiHd  be  cal-  j 

culated  at  an  arbitrairy  distance  from  a lifting  body  with  complicated  ; I 

; i 

geometry,  i | 

i i 

I : 

The  measurements  were  successfully  made  with  good  accuracy.  It  is 
therefore  planned  that  this  investigation  is  made  with  a new  model  at 
a low  supersonic  Mach  number  using  the  same  test  techjiique  and  to  save 
costs  using  most  of  the  test  equipment. 

Figures  1 and  2 show  the  test  set-up.  The  model  can  be  translated  by 
a special  support  mechanism  in  the  x-direction  along  the  tunnel  centerline 
during  the  test  and  it  can  also  be  rolled  around  the  x-axis.  The  posi- 
tion of  the  flow  inclination  probe  is  fixed  during  a test  run,  but  the 
radial  position  (y-  and  z-direction)  can  be  changed  between  the  runs. 


2.2  Model,  baleince  auid  sting 


A new  small  model  had  to  be  maniifactured.  The  size  was  chosen  so  that 
the  waves  generated  by  the  model  after  reflection  at  the  real  wind 
tunnel  wall  do  not  interfere  with  the  measirrements  at  the  hypotheticeil 
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wall  (Figure  l).  For  measurements  at  = 1.2  a model  span  of  mm 
has  been  chosen.  The  model  is  composed  of  an  axisyrranetric  body  and  a 
delta  wing  typical  for  a supersonic  fighter.  The  configuration  chosen 
is  geometrically  similar  to  a leirger  model,  which  has  earlier  been 
extensively  tested  at  FFA. 

A two-view  sketch  of  the  general  model  arrangement  is  shown  in  Figure  3* 
and  a photograph  of  the  test  set-up  is  shown  in  Figure  4.  The  model  is 
manufactured  by  the  FFA,  The  wing  has  a leading  edge  sweep  back  angle 
of  4o°,  The  aspect  ratio  is  3*2  and  the  taper  ratio  0.2.  The  wing 
profile  parallel  with  the  plane  of  symmetry  of  the  body  is  a modified 
NACA-64A004  airfoil  section.  The  construction  of  the  model  has  re- 
quired a thickened  profile  from  x/c  = 0.5697  to  the  trailing  edge. 

The  coordinates  of  the  modified  NACA-profile  are  given  in  Figure  5«  The 
body  is  a circular  cylinder  with  a pointed  ogive  nose  section.  The  body 
and  the  wing  are  manufactinred  in  one  piece  with  an  interchangeable  nose-cone. 

The  model  is  mounted  on  a two-component  strain  gauge  balance,  Figure  6, 
and  a sting.  An  exploded  view  of  the  model  is  shown  in  Figure  7* 


2.3  Flow  inclination  probe 

The  hemispherical  differential  pressure  yaw  meter  vhich  will  be  employed 
for  pressure  measurements  is  shown  in  Figure  8,  The  pressure  probe  has 
a diameter  of  3 nim.  Four  static-pressure  orifices  are  located  circum- 
ferentially 90°  apart  on  the  hemispherical  surface  and  four  on  the  cyl- 
indrical sinrface.  A pitot-pressure  orifice  is  located  at  the  probe  apex. 
The  static-pressure  orifice  diameters  are  0.5  and  the  pitot-pressure 
orifice  diameter  is  0.9  inm. 

2.4  Tentative  test  program 

The  test  program  to  be  carried  out  during  Phase  2 will  include  determina- 
tion of  local  pressure  coefficients  and  flow  angle  at  a hypothetical  test 
section  wall.  Measinrements  will  be  mEide  along  the  centerline  of  the  top, 
side  and  bottom  walls  for  free  stream  Mach  number,  = 1.2,  and  for  two 
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"tunnel  sizes".  Tlie  model  will  be  tested  at  0°,  5°  and  15°  angle  of 
attack. 


3.  CALCULATIONS  BY  MEANS  OF  A RELrtXAiiON  METHOD  OF  THE  SUPEEtSONIC 
FLOW  FIELD  AROUND  THE  WING-BODY  MODEL 

3. 1 Calculation  procedvtre 

3*11  Theory 

The  calculation  method  is  described  in  [6]. 

A perturbation  potential  cp  is  defined  in  terms  of  the  full  velocity 
potential.  0 , 

0(x,y,z)  = U^  [x  + ecp(x,y,z)] 

where  the  scaling  factor  e is  put  e = . 6 is  taken  as  the 

average  wing  thickness  ratio.  The  transonic  small  disturbance  equation 
is  written  in  cp  . 

- (Y+l)M„^e  cp^]  9xx  + 'Pyy  + ‘f’zz  = ® • 

This  equation  is  put  in  finite  difference  form  and  solved  by  a relaxa- 
tion procedure  introduced  by  Murman  and  Cole  [7] . The  mixed  flow  charac- 
ter is  obtained  through  the  use  of  centered  differences^ in  subsonic 
portions  and  upstream  differences  in  supersonic  portions  of  the  field. 

The  surface  of  the  configuration  may  be  written  as  z = f(x,y).  For 
field  points  adjacent  to  the  body  the  boundary  condition  becomes 

cp  = (—  +cp  )f  + cp  f 
^z  ' e ^x  ' X ^y  y 

and  for  wing  boundary  points 
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The  calculations  of  the  flow  field  are  made  in  points  in  a rectangular 
grid  covering  a finite  domain  of  the  physical  space.  The  condition  at 
the  most  upstream  side  of  the  box  containing  all  the  field  points  is 
cp  = 0,  No  condition  is  forced  on  the  most  downstream  side.  At  the  re- 
maining three  exterior  surfaces  of  the  box  the  potential  cp  is  put  to 
zero.  These  surfaces  are  situated  so  far  away  from  the  mcxiel  that 
effects  from  them  should  be  negligible  at  the  points  investigated. 

The  pressure  coefficient  in  the  field  is  computed  from 

Cp  = -2  ecp^  , 

and  the  flow  angle  from 

0 = tan^  [(cpy  +Ncp^)/(  j + cp^)  ] 

viiere  N = ± 1 for  y = 0 , z ^ 0 . 

In  the  absence  of  a shock  fitting  procediare  shocks  get  smeared  out  over 
several  mesh  widths  in  finite  difference  calculations.  In  particular 
this  is  so  when  shocks  are  swept  [8],  The  calculations  will  not  be  able 
to  give  discontinuous  changes  in  C and  9 at  the  shock. 


3.12  Application 

The  main  portion  of  the  calculations  were  performed  in  grid  1 , described 
in  the  table  below.  To  estimate  the  effect  of  the  size  of  the  box 
control  runs  were  made  in  the  slightly  wider  grid  2.  The  model  positioned 
in  grid  1 can  be  seen  in  Figure  9* 


Grid 

Type  of  calculation 

No 

of  points 

Size  in 

model  scale 

X 

y 

z 

X 

y 

z 

1 

Main 

37 

4o 

27 

-90/165  - 

.294/294 

0/286 

2 

Control 

3^ 

42 

28 

-63/1 42  ■ 

-355/355 

0/337 

A relaxation  factor  of  approximately  one  was  used.  The  changes  in  the 
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flow  field  settled  down  at  first  in  the  upstream  end  and  so  during  most 
iterations  only  the  downstream  portion  was  recalculated.  520  iterations 
were  performed  for  the  a = 0°  case.  This  solution  was  then  used  as  a 
start  for  the  5°  incidence  case  and  3^0  more  iterations  were  made.  Small 
changes  in  the  field  were  still  observed  in  the  planes  x = 142  and 

X = 165. 

The  effects  of  the  change  of  grid  system  were  so  small  that  they  couldn’t 
be  seen  in  the  plotted  results. 


3.2  Results 


The  model  was  a plane  delta  wing  with  a NACA  64A004  section  mounted  on 
an  axisymmetric  body.  Figure  3» 


Pressure  coefficient,  , and  flow  deflection  angle,  0 , are  presented 
at  typiceLL  wind  tunnel  wall  distances  away  from  the  model  centerline, 
y = 0 ; z = ± 92,  ± 137»  and  y = 95»  149;  z = 0 respectively.  Graphs 
of  these  functions  appear  in  Figiures  lOa-lld,  Please  note  that  0 is 
defined  positive  for  outflow  from  the  model. 


It  is  seen 

• that  the  calculated  pressure  and  flow  angle  vary  continuously 
through  the  shocks,  because  of  the  used  method  of  csLlculation  and 

• that  effects  due  to  lift  decay  faster  than  those  due  to  thickness. 


Figixres  12  and  13  present  the  pressure  coefficient  as  a function  of  the 
flow  deflection  angle  for  the  wall  positions  investigated.  These  curves 
represent  the  required  flow  characteristics  for  an  interference-free  wall. 
It  is  obvious  that  it  is  not  possible  to  find  a fixed  geometry  configura- 
tion \diich  is  completely  interference-free  for  this  model. 


TheoreticeLL  disturbance  distributions  for  a cone-cylinder  model  with 
2-percent  blockage  [I]  at  zero  angle  of  attack  £070  shown  for  comparison. 
In  the  outflow  region  the  flow  characteristics  for  tnt  wing-body  model 
eure  similar  to  those  for  the  cone-cylinder,  but  in  the  inflow  region 
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large  differences  occur.  If  these  cailculated  results  are  confirmed  by 
the  experiments,  this  will  be  of  importance,  because  the  results  in- 
dicate that  the  need  of  differential-resistance  characteristics  for  the 
wall  is  much  less  pronounced  in  the  expansion  region  of  this  three- 
dimensional  lifting  wing  than  in  the  expansion  region  of  the  cone-cylinder. 


Conclusions  and  outlook 


The  small  disturbance  transonic  flow  program  has  been  put  to  use  for  a 
supersonic  flow  condition  and  has  given  flow  field  characteristics  to 
guide  the  calibration  of  a flow- inclination  probe.  Measured  data  will 
be  available  later  for  comparison.  The  part  of  the  flow  field  influenced 
by  the  axisyirmetric  body  only  will  later  be  calculated  by  a method  con- 
taining a shock  fitting  procedxrre  for  better  resolution  at  the  nose  bow 
shock. 
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Principle  of  test  arrangement  at  M = 1,2, 


Aerofoil  Section  = Modified  NACA  6'4A004 
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Fig  5 


Witig  data 


Fig.  11b.  Flow  field  characteristics  of  wing-body 
configuration  at  Ma>=1.2(  c>='>  . 

Flow  angle  distributions  at  y=0*,  z=+<):i  ;tnd 


10°  half-angle  cone-cylinder  with 
2-per(^ent  blockage  at  o = 0 [l] 


/ -0.08-1 


Computed  disturbemce  distribution  due  to  wing-bod\ 
configuration  at  M=1.2;  q'=0;  y=0}  z=02  and  I')?* 


